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Abstract:    Liquid or gaseous fuel scramjet technology has made great progress, and there has been some research attention to 
solid-fuel scramjet. A new scramjet configuration using solid fuel as propellant, namely solid-fuel rocket scramjet, is tested ex-
perimentally. It consists of two combustors. One is a rocket combustor used as gas generator, and the other is a supersonic com-
bustor used for secondary combustion. The experiment simulates a flight Mach number of 4 at high altitude (stagnation temper-
ature and pressure are 1170 K and 1.16 MPa, respectively), and metalized solid fuel is used as propellant. The results reveal that 
fuel-rich gas from the gas generator can burn with air in the supersonic combustor. Preliminary evaluation results show that the 
combustion efficiency of the propellant is about 90%, and the total pressure recovery coefficient in the supersonic combustor is 
about 0.6. These results indicate that the configuration of solid-fuel rocket scramjet is feasible. 
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1  Introduction 
 
The scramjet engine is one of most promising 

propulsion systems for hypersonic flight, and it at-
tracts increasing attention (Fry, 2004). The main 
characteristics of the scramjet engine and its compo-
nents have been studied comprehensively (Li et al., 
2008; Huang and Yan, 2013; Huang, 2014; 2015; 
Wang et al., 2014; Yi and Chen, 2015; Huang et al., 
2016). Almost all studies on scramjet focus on liquid 
or gaseous fuel, and they demonstrate high energy, 
fast chemical kinetics, and good cooling properties. 
However, the use of solid fuel can decrease complex-
ity and cost, and increase the energy density of the 
systems, which has advantages for certain missions. 
Some studies have been carried out on the solid-fuel 
scramjet, and they try to extend the use of the sol-
id-fuel ramjet to the hypersonic flight range. 

There are two basic types of ramjet utilizing 
solid-fuel propellant, namely the solid-fuel ramjet and 
the ducted rocket ramjet. The main studies on the 
solid-fuel scramjet focus on a configuration similar to 
the solid-fuel ramjet, as shown in Fig. 1. It pours the 
solid fuel into the combustor and makes the propellant 
burn directly in the supersonic airflow. Witt (1989) 
and Angus (1991) preliminarily validated the concept 
that solid fuel can burn in supersonic airflow, and 
initially determined the combustor configuration of 
the solid-fuel scramjet. Ben-Yakar et al. (1998) im-
proved the configuration of the combustor. They 
demonstrated self-ignition and sustained combustion 
of solid fuel with no external aid. Saraf and Gany 
(2007) investigated the performance of a solid-fuel 
scramjet with metalized and non-metalized solid 
fuels. Wang et al. (2015) investigated the variation of 
the specific thrust during the operating process of the 
solid-fuel scramjet.  

Those previous studies show the feasibility of 
the solid-fuel scramjet. However, they revealed some 
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operating problems:  
1. Ignition and flame-holding is difficult in 

high-velocity airflow. The cavity used for ignition 
and flame-holding disappears as the burning surface 
regresses. 

2. The mixing efficiency of fuel gases emerging 
from the wall with air diffusing from the core flow is 
low. 

3. The chemical kinetic of the gasified hydro-
carbon fuel may be slow compared with the residence 
time in supersonic flow. 

4. The incomplete mixing and limited residence 
time make for a low combustion efficiency. 

5. The overall fuel to air ratio cannot be con-
trolled directly, and it is dependent on the fuel  
regression. 

6. The internal configuration of the combustor 
varies with the fuel regression, and it will affect the 
performance of the scramjet engine. 

Compared with the solid-fuel scramjet, the con-
figuration of the ducted rocket ramjet may be easier to 
extend to the hypersonic flight range. In this paper, it 
is called the solid-fuel rocket scramjet, and its poten-
tial configuration is shown in Fig. 2. 

 
 

 
 
 
 
 

 
 
 
 
 

 
 

 
The solid-fuel rocket scramjet has two combus-

tors. One is a gas generator, and the other is a super-
sonic combustor. The propellant first ignites and 
burns in the gas generator, and the high-temperature 
fuel-rich gas injects into the supersonic airflow and 
burns secondly with air. The ignition and flame- 
holding are easy to achieve. The secondary combus-
tion can improve the combustion efficiency of the 
propellant. Since the mass flow rate of the fuel-rich 

gas can be controlled by the cross sectional area of a 
throat (Miller et al., 1981), to some extent, the air to 
fuel rate in the engine can be controlled.  

However, the static pressure and temperature in 
a scramjet combustor are much lower than that in a 
ramjet combustor. The key point of this configuration 
is whether the fuel-rich gas can mix and burn well 
with the supersonic airflow. In this paper, an exper-
iment on the solid-fuel rocket scramjet combustor is 
conducted, and metalized solid fuel is used as pro-
pellant. The purpose of this study is to evaluate the 
feasibility of a solid-fuel rocket scramjet.  
 
 
2  Experimental setup 

 
The schematic of the direct-connected test facil-

ity is shown in Fig. 3. It consists of a vitiated air 
heater, a convergent-divergent nozzle, a tested com-
bustor, and a data processing system. The vitiated air 
heater burns oxygen, ethanol, and air to simulate the 
stagnation parameters at the exit of inlet, which in-
cludes the total temperature (1170 K), the total pres-
sure (1.16 MPa), and the oxygen mass concentration 
(0.233). The high-temperature gas from the vitiated air 
heater is accelerated to Mach number (Ma) of 1.65 by 
a convergent-divergent chocked nozzle. The mass 
flow rate of the vitiated air is about 9 kg/s. 

 
 

 
 
 
 
 
 
 
 

 
The tested solid-fuel rocket scramjet combustor 

consists of four solid-fuel gas generators, a supersonic 
combustor, and a nozzle, as shown in Fig. 4. The 
supersonic combustor and the nozzle are two di-
verging ducts, and the divergent angles are 1° and 3°, 
respectively. The diameter at the entrance of the 
combustor (d) is set as the reference parameter, and 
the length of the supersonic combustor and nozzle are 
13.4d and 2.6d, respectively. Four solid-fuel gas 
generators are assembled around the supersonic 

Fig. 3  Schematic of test facility 

Fig. 1  Schematic of solid-fuel scramjet 

Solid-fuel gas generator

Inlet Supersoninc combustor Nozzle

Fig. 2  Schematic of potential solid-fuel rocket scramjet
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combustor, and the distance is 4.6d from the entrance 
of the combustor. The injection angle is 45° from the 
axial line. 

 
 

 
 
 
 
 
 

The propellant employed here is a metalized 
solid fuel. It contains a large amount of magnesium 
powder and a small amount of binder and oxidant. The 
mass content of the magnesium is 50%. The burn rate 
of the propellant is about 13 mm/s. The propellant is 
made into end-burning grain with a diameter of 60 mm, 
and it is the same as the internal chamber diameter of 
the solid-fuel gas generator. The nozzle throat diam-
eter of the gas generator is 11 mm. The mass flow rate 
of the fuel-rich gas can be calculated by  

 

p SFGG p p ,nm p A a r=                           (1) 

 
where α is the burn rate coefficient, n is the pressure 
exponent, and both depend on the component of the 
propellant. pSFGG is the pressure in the solid fuel gas 
generator, ρp is the density of the propellant, and Ap is 
the cross sectional area of the propellant. 

A total of 33 pressure-tap ports are distributed on 
the wall of the supersonic combustor and nozzle, as 
shown in Fig. 4. Each port is connected to the intel-
ligent pressure scanner (model 9116 of Pressure 
System Inc., USA, accuracy ±0.05%) to measure the 
pressure distribution along the wall. The maximum 
sampling frequency of the pressure scanner is 500 Hz, 
and the accuracy is about ±0.05% of the full scale 
(689.5 kPa in this experiment). Five piezoresistive 
pressure transducers, ranging from 0 to 5 MPa with an 
error of 0.05% of full scale, are used to measure the 
pressure of gas generators and the vitiated air heater. 
Mass flow rates of the gas are measured by turbo flow 
meters, and the accuracy of the flow meters is about 
±0.2% of the full scale. All the data from the sensors 
are transmitted to a PCI extensions for instrumenta-
tion (PXI) measurement system through high speed 
Ethernet, and the PXI system is connected with the 
control system to diagnose the real-time status.  

3  Results and discussion 
 
The study contains two experiments. One is a 

solid-fuel gas generator experiment, and the other is a 
solid-fuel rocket scramjet combustor experiment. The 
former is used to test the performance of the propel-
lant, and the latter is used to test the performance of 
the solid-fuel rocket scramjet combustor.  

In the gas generator experiment, the solid-fuel 
gas generator was tested alone, and the vitiated air 
heater was not working. The temporal evolution of 
pressure in the gas generator is shown in Fig. 5. The 
propellant is ignited by the ignitor, and a peak pres-
sure of 2 MPa is obtained. The pressure in the gas 
generator continues to increase until all of the pro-
pellant is burned out. 

 
 
 
 
 
 
 
 
 
 
 
 
 

 
 
Fig. 6 shows the picture of the gas generator 

throat after the experiment. It is obvious that some 
initial-combustion products freeze on the surface of 
the throat. The thickness of deposition is about 1 mm. 
X-ray diffraction analysis indicates that the deposi-
tion mainly consists of magnesium, carbon, and a  
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Fig. 5  Temporal evolution of pressure in gas generator

Fig. 4  Schematic of the tested combustor 

Fig. 6  Picture of throat after experiment
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little magnesium oxide. The deposition decreases the 
diameter of the throat and results in the pressure rise 
in the gas generator.  

In the solid-fuel rocket scramjet combustor ex-
periment, the vitiated air heater begins to work at 
about 4.0 s, and it operates steadily 0.5 s later, as 
shown in Fig. 7. The propellant ignites at 5.5 s and the 
peak pressure is about 2.1 MPa. After ignition, the 
pressure in the gas generator increases slowly until all 
of the propellant burns out. 

Fig. 8 presents a video photograph of the com-
bustion flame at the exit of the nozzle. The image 
reveals that the fuel-rich gas injected from the gas 
generator can burn continually with air in the super-
sonic combustor. Brilliant-white light exists in the 
center of the combustion flame, and this is produced 
from the combustion of magnesium. The red light in 
the peripheral area is produced from the combustion 
of hydrocarbons, and the white smoke downstream is 
composed primarily of magnesium oxide. 

 
 

 
 
 
 
 
 
 
 
 
 
 
 

 
 

 
 
 
 
 
 
 
 
 
 
 
 

The pressure in the gas generator increases with 
time, and this is the same in the gas generator ex-
periment. However, the outlet pressure of the gas 
generator is not constant, and it changes with the 
pressure in the supersonic combustor (see X=500 mm 
in Fig. 9). The pressure ratio is slightly lower than the 
critical value. Thus, the pressure in the combustor will 
affect the pressure in the gas generator. However, it is 
not the main reason for the pressure rise in the gas 
generator. The comparison of Fig. 5 with Fig. 7 in-
dicates that the deposition is the main reason. 

Fig. 9 presents the pressure distribution along the 
supersonic combustor. Before ignition, pressure de-
creases along the combustor for the expansion of the 
sectional area of the combustor. The pressure at the 
exit of the nozzle is lower than that of the environ-
ment. The pressure does not rise in the nozzle, and 
that means the pressure in the environment does not 
affect the air-flow in the nozzle.  

 
 
 
 
 
 
 
 
 
 
 
 
 
 

 
After ignition, the pressure in the vicinity of the 

fuel injection increases. The process of fuel-rich gas 
injected into the supersonic combustor is a typical 
single, under-expanded, transverse jet in a supersonic 
flow (Glagolev et al., 1967; 1968; Brieschenk et al., 
2013). The jet forms a blockage for the incoming 
supersonic flow, thus resulting in the generation of a 
bow shock, which leads to boundary-layer separation 
and the formation of a recirculation region in front of 
the jet. The pressure rise in the vicinity of the fuel 
injection is induced for two reasons. One is the com-
pression of the bow shock induced by the fuel injec-
tion, and the other is the heat addition of the fuel-rich 
gas. The heat addition consists of two parts. One is the 

Fig. 9  Pressure distributions along the wall at different 
times (t) (X is the distance from the combustor entrance) 
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Fig. 8  Image of combustion flame at the exit of the nozzle
Note: for interpretation of the references to color in this figure 
legend, the reader is referred to the web version of this article
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heat taken from the high-temperature fuel-rich gas, 
and the other is the heat release from secondary 
combustion of the fuel-rich gas with air. Since some 
initial steps of combustion have taken place in the gas 
generator, the combustion can occur quickly as the 
fuel-rich mixes well with air. 

As time goes on, the pressure distribution along 
the supersonic combustor rises overall. Because of the 
deposition, the pressure in the gas generator increases 
with time, and the mass flow rate of fuel-rich gas also 
increases, as shown in Eq. (1). More fuel-rich gas is 
injected into the supersonic airflow, and this results in 
the pressure rise overall, especially in the vicinity of 
the fuel injection. The point that the pressure begins to 
rise translates upstream (see t=9.5 s in Fig. 9). As the 
pressure increases in the combustor, the adverse 
pressure gradient near the fuel injection increases. 
When the adverse pressure gradient increases to some 
extent, the pressure will translate upstream along the 
boundary layer. The separation shock wave induced 
by the separated boundary-layer translates upstream, 
resulting in the translation upstream of the point that 
the pressure begins to rise.  

To obtain more flow properties along the su-
personic combustor, the wall pressure (pw) distribu-
tion is used with a quasi-one-dimensional analysis 
approach proposed by Curran and Murthy (2000). 
The approach is based on the following equations for 
Mach number (Ma) and the total temperature (Tt): 
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where Cf is the skin friction coefficient, and it is es-
timated by the van Driest method (van Driest, 2003). γ 
is the ratio of specific heat, A is the cross-sectional 
area of the combustor duct, and D is the hydraulic 
diameter. The equations are solved by the fourth-order 
Ronge-Kutta method. Therefore, the Mach number 
and the total temperature distributions are calculated 

(Yu et al., 1998; Bao et al., 2013). The total pressure 
distribution pt can be calculated by 
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                     (4) 

 
The Mach number distributions along the su-

personic combustor with different times are shown in 
Fig. 10. Mach number clearly decreases in the vicinity 
of the fuel injection. This is induced for two reasons. 
One is the compression of the shock wave, and the 
other is heat release of the fuel-rich gas. These two 
processes also cause a large total pressure loss. The 
total pressure loss in the supersonic combustor is 
mainly located in the region in the vicinity of fuel 
injection, as shown in Fig. 11. The total pressure after 
the position of fuel injection is lower than that in the 
vicinity of fuel injection, and the total pressure de-
creases as the increase of mass flow rate of fuel-rich 
gas. The fuel-rich gas injected from the gas generator 
is at high temperature, and the secondary combustion 
takes place quickly in the vicinity of the fuel injection, 
so it is easy to form a thermal throat at this region 
after fuel injection (see t=9.5 s, X around 500 mm in 
Fig. 10).  
 
 

  
 

 
 
 
 
 
 
 
 
 
 
 
To evaluate the overall performance of the su-

personic combustor, two parameters, namely total 
pressure recovery coefficient π and combustion effi-
ciency η, are employed. The total pressure recovery 
coefficient is defined as the ratio of the total pressures 
between the exit (pt,e) and the entrance (pt,in) of the 
supersonic combustor, as shown in Eq. (5). The total 
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different times 
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pressure at the entrance is measured in the experi-
ment. The combustion efficiency is defined based on 
the temperature rise, as shown in Eq. (6), and the 
theoretical total temperature at the exit (Tt,e,th) and the 
entrance (Tt,in) of the supersonic combustor are cal-
culated by the National Aeronautics and Space Ad-
ministration (NASA)’s chemical equilibrium with 
application (CEA) program (Gordon and McBride, 
1994).  

 

t,e

t,in

,
p

p
                                    (5) 

t,e t,in

t,e,th t,in

.
T T

T T






                             (6) 

 
Both the total pressure (pt,e) and temperature 

(Tt,e) at the exit are calculated by the quasi-one di-
mensional model. Though the data calculated by the 
quasi-one dimensional model is not quite accurate, it 
can be used to evaluate approximately the perfor-
mance of the supersonic combustor. More refined 
data should be tested in further study.  
 

 
 
 
 
 
 
 
 
 
 
 
 
 
 
The total pressure recovery coefficient is about 

0.6, and the combustion efficiency of the propellant is 
about 90%. The total temperature calculated based on 
the pressure data is about 1753 K, and the theoretical 
total temperature calculated by CEA is 1821 K. If the 
fuel-rich gas just mixes and does not burn with the air, 
the total temperature calculated by CEA is 1190 K, 
which is much lower than that calculated based on the 
pressure data. This also reveals that the fuel-rich gas 

can burn with air in a supersonic combustor, and the 
configuration of the solid-fuel scramjet is feasible. 
 
 
4  Conclusions 

 
An experimental study of the solid-fuel rocket 

scramjet combustor is conducted. The results are 
summarized as follows: 

1. Fuel-rich gas from gas generation can burn 
with the air in the supersonic combustor, and the 
configuration of the solid-fuel scramjet is feasible. 

2. A preliminary evaluation of the performance 
of the solid-fuel rocket scramjet is carried out. The 
total pressure recovery coefficient in the supersonic 
combustor is about 0.6, and the combustion efficiency 
of the propellant is about 90%. 

3. Some initial-combustion products freeze on 
the surface of the throat of gas generator, which de-
creases the diameter of the throat and results in the 
pressure rise in the gas generator. It also induces the 
increase of mass flow rate of fuel-rich gas. 

4. The total pressure loss is mainly located in the 
region in the vicinity of the fuel-rich gas injection. 
The loss is mainly induced by the shock waves re-
sulting from fuel injection and the secondary com-
bustion of the fuel-rich gas with air. 
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中文概要 
 

题 目：固体火箭超燃冲压发动机燃烧室初步实验研究 

目 的：通过发动机直连式实验，验证燃气发生器产生的

富燃燃气可以在超声速气流中二次燃烧，进而证

明固体火箭超燃冲压发动机方案的可行性，并初

步评估固体火箭超燃冲压发动机燃烧室的工作

性能。 

创新点： 1. 提出固体火箭超燃冲压发动机构型方案，并开

展固体火箭超燃冲压发动机燃烧室直连式实验

研究；2. 验证了固体火箭超燃冲压发动机构型可

行；3. 初步评估了固体火箭超燃冲压发动机燃烧

室的工作性能。 

方 法：1. 通过直连式实验测定固体火箭超燃冲压发动机

燃烧室的工作参数（图 2、3 和 4）；2. 通过实验

现象（图 8）和数据处理，确定燃气发生器产生

的富燃燃气可以在超声速燃烧室中燃烧，进而确

定固体火箭超燃冲压发动机方案的可行性；3. 初

步确定发动机燃烧室的工作性能（公式（6）和

（7））。 

结 论： 1. 燃气发生器中产生的富燃燃气可以在超声速燃

烧室中燃烧，固体火箭超燃冲压发动机构型方案

可行；2. 初步评估了固体火箭超燃冲压发动机燃

烧室的工作性能，总压恢复系数约为 0.6，燃烧

效率约为 90%；3.燃气发生器产生的部分一次燃

气沉积于燃气发生器喉部，使燃气发生器的工作

压力增加，进而引起富燃燃气质量流量的增加；

4. 燃烧室中的总压损失主要集中在富燃燃气入

口处，总压损失主要由射流引起的激波和燃气二

次燃烧引起。 

关键词：固体燃料；火箭超燃冲压发动机；双燃烧室；直

连式实验 


